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Fig. 5 Effect of aft-fuselage taper on pitching moment (Re = 0.4
x 10° scale 1:20).

loring of the sudden increase in the pitching-moment slope into
a desirable angles-of-attack range. Therefore, when an air-
plane’s c.g. calculations and elevator sizing are complete, the
use of these data can make airplane stall unreachable.

Concluding Remarks

The experimental data presented here indicate that a small
aircraft with a wide lifting-body fuselage can benefit, in ad-
dition to the large cabin size, from several unique aerodynamic
features. The configuration can reach quite high lift coefficients
because of the fuselage vortex lift, without sacrificing the L/D at
low angles of attack. The high-angle-of-attack vortex lift at the
aft section of the fuselage causes a large nose-down pitching
moment, which can be utilized for a stall-safe design. Finally,
the basic principle of using the fuselage as a simple and cheap
high-lift device was demonstrated.
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Introduction

HE delay of boundary-layer separation by oscillatory in-

jection of momentum established the superiority of the
method over steady blowing.' The performance of various air-
foils was improved, even when separation was not entirely
avoided. Although the addition of small amounts of steady
blowing to the fluctuating momentum slightly reduces the ef-
ficiency of the excitation, the application of steady blowing
may require two orders of magnitude greater momentum co-
efficient for similar gains in performance. While most wind-
tunnel experiments used external devices to excite the flow, a
self-contained system is required for active flow control in
flight. Furthermore, mounting an active flow control device on
an unmanned air vehicle (UAV) or an airplane model allows
one to test its effectiveness as an alternate control surface. This
Note describes wind-tunnel experiments on a UAV to which
active separation control was added to improve its performance
and to exercise roll authority in an unconventional manner.

Approach

The project was subdivided into four intermediate stages:

1) The application of oscillatory and steady blowing to a
flapped Eppler 214 airfoil. The oscillatory blowing was ini-
tially provided by an external mechanism.” Some of the results
were presented in Ref. 1 and they will not be discussed here.

2) The development of a self-contained oscillatory blowing
system.

3) The installation of the system on the UAV and full-scale
tests in a low-speed, industrial wind tunnel.

4) Actual flight tests of the UAV with active separation con-
trol.

The quantitative results obtained during stage 3 are reported
in this Note.

Experiment

A scaled down Scout UAV was used in the experiment, but
its original wing was replaced with a wing based on the Eppler
214 airfoil of a larger span. A simply hinged, 30% chord, trail-
ing-edge flap and ailerons spanned the outer section of the
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Fig. 1 a) Side and b) top views of the modified, 1:2 scale Scout
UAV, and c) side view of the fan-valve-wing assembly.

wing beyond the tail booms (Figs. 1a and 1b). The entire UAV
was made of composite materials, its maximum takeoff weight
was 16 kg, and its wing area was 1.015 m’. The stalling speed
of this UAV was 13 m/s, when its flaps were not deployed.
Other dimensions are given in Fig. 1.

The excitation system consisted of a rotating valve and an
axial fan mounted inside the fuselage. The inlet of the fan was
on the underside (Fig. 1). The rotating valve provided the os-
cillations by redirecting the steady fan-flow from one wing to
another at a frequency of 50—70 Hz. These frequencies were
found to be the most effective over the range of Reynolds
numbers considered, generating a reduced frequency F* =
Jfe, /U of 0.5-0.7, where f is the excitation frequency, ¢, is the
flap chord, and U.. is the flight speed. About 30% of the wing
volume was taken up by the internal duct. The oscillatory
blowing emanated from slots, 0.9 mm high, located at the flap
shoulders (Fig. 1). The calibration of the oscillatory blowing
was done using a single hot wire located at the slot exit in the
absence of external flow. The procedure was repeated at 18
discrete locations along each slot. Typical rms levels of the
velocity fluctuations were 3—4 m/s, whereas the steady jet
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component was 7—10 m/s. These values generated a combined
blowing momentum coefficient' of

C, = (2hb,ISUZ)(U? u’®) = (0.18; 0.03)%

where the first number signifies the steady component and the
second number is the oscillatory one. Here, by is the total span-
wise extent of the active slots, whose height is 4, and S is the
wing area. U, is the averaged jet velocity, whereas u’ is its rms
level. Although only the flow above the flaps was controlled,
the active slot area was normalized by the entire wing area to
retain the conventional meaning of the momentum coefficient.
The system was recalibrated while the slot over one wing was
sealed, to estimate the contribution of the active flow control
to the rolling moment. In this case, the resulting excitation was
C,. = (0.08; 0.015)%. The tests were carried out in the 3.6 by
2.6 m, Israel Aircraft Industries low-speed wind tunnel that
operates at airspeeds of 5—100 m/s. The model was mounted
on an external balance through its three landing gear struts
after its wheels were removed. No attempt was made to ac-
count for wall interference, and so the data can only be used
to assess the relative improvement in performance resulting
from the application of active separation control. The resolu-
tion of the wind-tunnel balance is about 0.5% of the minimum
drag measured. External power was provided to the fan and
valve motors to extend the test duration, while caution was
exercised to avoid loading the balance. The valve and fan were
remotely controlled by radio. The UAV was equipped with a
side-mounted, angle-of-attack indicator that was also cali-
brated during these tests.

Results

The results for chord Reynolds number, Re. = 0.27 X 10°
(12 m/s), provide the baseline data for the application of the
oscillations. The reduced frequency was F*= 0.7, and a mo-
mentum coefficient of C, = (0.18; 0.03)% was applied over
both flaps. Three flap deflection angles were tested: ;= 0, 20,
and 30 deg. The baseline lift coefficients are marked in Fig. 2
by dashed lines. As expected, the maximum lift coefficient,
Cp.max increased with increasing flap deflection while the stall
angle decreased. The linear C, — o dependence breaks down
at > 6 deg for 8, = 0 deg. Active separation control (solid
lines) is beneficial, even at 6, = 0 deg, where linear C, — «
was maintained up to a = 8 deg, and C, ... was increased by
0.10. This is because the excitation delayed the upstream creep
of flow separation from the trailing edge. At 6, = 20 deg, the
control applied over the separated flap generated a lift incre-
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Fig. 2 UAUV lift vs angle of attack.
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Fig. 4 UAV L/D vs lift.

ment (AC,) of 0.25 at @« = —4 deg that decreased to AC, =
0.2 at « = 6 deg and 0.12 at C; ... The smaller lift increment
near C; .. was more clearly observed during the airfoil tests,'
and was attributed to incomplete reattachment of the flow.
Later experiments on a generic flap configuration®’ indicated
that the addition of steady blowing at C, < 0.18% was actually
detrimental to flow reattachment by oscillatory means (see Fig.
11 in Ref. 2 for a NACA 0015 data). At &; = 30 deg, the
available blowing mechanism generated a AC, = 0.15 through-
out the entire « range, suggesting that the flow was not entirely
reattached owing to the application of the active control. The
fact that the stall angle was not affected by excitation is another
indication that flow separation originated on the flap; it resulted
in a decrease of the C, — « slope. When the separation location
moved upstream of the flap, the actuation was not effective.
The C, — « plots shown in Fig. 3 indicate that drag was
decreased whenever flow separation was prevented in a sig-
nificant way. This is most clearly demonstrated at &, = 20 deg,
where for @ =< 2 deg, the increase in lift was accompanied by
a concomitant reduction in drag. For 2 deg < a < 12 deg, a

relative increase in drag was observed despite the increase in
lift. This is a result of partially separated flow over the flap,
stemming from a combination of steady blowing and low F~*
used. An increase in skin friction may have been caused by
enhanced entrainment upstream of the slot,” which mainly con-
tributed to the enhancement of lift. For §; = 30 deg, both lift
and drag have increased at all angles of incidence examined.
The drag coefficient of the fuselage alone (with wings, tail
booms, and stabilizers removed) at identical R. was approxi-
mately 0.023, decreasing slightly with increasing a. The esti-
mated uncertainty in the drag measurement is +0.0025.

A plot of L/D vs C, is given in Fig. 4. It shows an increase
in the maximum L/D of 2 =~ C, at 1.1 and 1.3 (corresponding
to 8, = 0 and 20 deg, respectively), and it represents an im-
provement of ~20% at the higher C,. The oscillatory blowing
used did not improve the glide ratio, i.e., L/D, at the high flap
deflection of &, = 30 deg; thus, the optimum improvement in
the performance of the configuration tested is limited to 5 >
6,> 15 deg.

The rolling moment coefficient (Ci) created by the asym-
metric excitation of the flow over a single flap is plotted in
Fig. 5. Both flaps were deflected at 6; = 20 deg, whereas only
the flow over the left flap was perturbed at F* = 0.7 and C,
= (0.08; 0.015)%. The perturbations generated C, ~ 0.02,
without the use of ailerons. The Cy generated by deflecting the
ailerons to their limit was Cr =~ 0.035 (while &, = 0 deg).
Because Cy is a product of the local change in lift and the
spanwise location of the aileron relative to the longitudinal
axis, it is estimated that the local changes in lift coefficients
caused by the periodic blowing and by the maximum aileron
deflection were comparable. These data suggest that an air-
plane can be controlled by introducing perturbations into the
flow rather than moving control surfaces. The replacement of
classical ailerons by active flow control devices does not have
the familiar adverse yaw effects.

The results of the experiments described herein demonstrate
the application of active separation control to a UAV using a
self-contained perturbation system. No unexpected situations
were encountered as a result of the application of active flow
control to a part of the wingspan. The lift measured by using
a balance on the full UAV was reasonably well estimated from
previous, two-dimensional tests. The use of an active aileron
that does not require the motion of a conventional control sur-
face was also demonstrated.
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Fig. 5 UAV rolling moment caused by left wing excitation.
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Inviscid Interactions Between Wake
Vortices and Shear Layers
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Introduction

IRCRAFT trailing vortices can be influenced significantly

by atmospheric conditions such as crosswind, turbulence,
and stratification. According to the NASA 1994 and 1995 field
measurement program in Memphis, Tennessee,' the descending
aircraft wake vortices could stall or be deflected at the top of
low-level temperature inversions that usually produce pro-
nounced shear zones.

Numerical simulations of vortex/shear interactions with
ground effects have been performed by several groups.®~’
Burnham® used a series of evenly spaced line vortices at a
particular altitude to model the ground shear layer of the cross-
wind. He found that the wind shear was swept up around the
downwind vortex and caused the downwind vortex to move
upward, and claimed that the effect was actually produced by
the vertical gradient in the wind shear rather than by the wind
shear directly, because uniformly distributed wind-shear vor-
tices would have no effect on the trailing vortex vertical mo-
tion. Recently, Proctor et al.” numerically tested the effects of
narrow shear zones on the behavior of the vortex pair, moti-
vated by the observation of the Memphis field data. The shear-
layer sensitivity tests indicated that the downwind vortex was
more sensitive and deflected to a higher altitude than its up-
wind counterpart. The downstream vortex contained vorticity
of opposite sign to that of the shear. There was no detectable
preference for the downwind vortex (or upwind vortex) to
weaken (or strengthen) at a greater rate.

The preceding observations indicate that the mechanism re-
sponsible for the asymmetric deflection in the trailing vortices
can possibly be deduced from inviscid interactions between
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the vortex pair and shear layers. Based on that hypothesis, a
vortex method model is developed to study that mechanism.
Furthermore, this vortex method is much faster than the
Navier—Stokes numerical simulations, and thus can be used
for real-time predictions.

Model Description

For the two-dimensional flow considered here, the Cauchy
kernel integral for the Biot—Savart velocity can be obtained
for the Lagrangian-type point vortex method used in this
study.® In the current model, the primary trailing vortex pair
is represented by two opposite sign point vortices. A shear
layer is modeled by placing a layer of vortices, with constant
circulation. Figure la shows an example of the initial distri-
bution of vortices for simulating interactions between the trail-
ing vortex pair and a narrow shear zone. The vortices in the
shear layer are of the same sign as the left vortex in the vortex
pair. To reduce end effects at the two ends of the shear layer,
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Fig. 1 Initial flowfield: a) Vortex positions. ® = the two vortices
in the vortex wake, and O = the vortices in the shear layer. b)
Velocity in x direction, u, vs height, y, at x locations aligning on
the shear vortices. c¢) Velocity in x direction, u, vs height, y, at x
locations between the shear vortices.



